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Abstract

This paper presents a real-time relative three-axis attitude estimation using a camera and two gyros under momentum changes during
close-proximity operations. The camera sensor provides quaternion measurements that relate the body frame of the deputy spacecraft
with respect to the body frame of the chief spacecraft. The quaternion measurements are coupled with gyro measurements and attitude
dynamics model in a multiplicative extended Kalman filter to determine relative attitude and gyro biases under momentum changes. The
relative quaternion kinematics is augmented with spacecraft relative motion dynamics to represent the filter process dynamics. The
quaternion measurements from a camera sensor and inertial measurement units (IMU) are utilized to the filter measurement model.
The fault-tolerant attitude controller actuated by four reaction wheels, which has no unwinding problem is used for attitude tracking
maneuvers during close-proximity operations in the presence of external disturbances, uncertain inertia parameter and actuator faults.
This controller is combined with the extended Kalman filter to filter noisy measurements and to estimate gyro biases, which leads to a
full-state feedback control system. Numerical simulations are performed to verify the effectiveness of the attitude estimation and control
systems of the spacecraft with four reaction wheels during close-proximity operations of spacecraft in low-Earth orbit.
© 2023 COSPAR. Published by Elsevier B.V. All rights reserved.
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1. Introduction

Precise attitude estimation is an essential technology for
many space missions, such as close-proximity operations
and docking with other spacecrafts, removal of large space
debris objects, and reorientation of satellites (Jiang et al.,
2016; Hu et al., 2017). This is a particularly interesting
problem in spacecraft attitude dynamics since momentum
change occurs. Particularly, an attitude maneuvering dur-
ing close-proximity operations and docking may be be
accomplished in the presence of external disturbances,
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parameter uncertainties, actuator system failures/faults,
and even control input saturation. From a practical point
of view, high-precision attitude estimation under the above
conditions is an interesting and challenging problem. Sen-
sors and actuators in spacecraft attitude control systems,
including are critical subsystems and any fault of them
can result in serious problems. In addition, unknown exter-
nal disturbance and parameter uncertainty can increase the
control tracking error and require more control effort. For
these problems, an observer can be efficiently utilized to
cope with any fault during control uses. Therefore, a
fault-tolerant finite time controller (Jiang et al., 2016; Du
et al., 2011; Zou, 2014) combined with a high-precision
attitude estimation filter may be required to maintain high
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reliability in the advanced control system design of space-
craft, accounting for possible control faults.

For spacecraft attitude tracking control problem, finite-
time control is more desirable than asymptotic control in
terms of faster convergence rate, higher precision control
performance, and better disturbance rejection property
(Jiang et al., 2016; Zou, 2014; Du et al., 2011; Lu and
Xia, 2013; Shen et al., 2015). In Hu et al. (2017), Lu
et al. (2016), Hu et al. (2013), a finite-time fault-tolerant
control scheme was presented to address the spacecraft
attitude stabilization problem under actuator faults, exter-
nal disturbances, input saturation, and even inertia uncer-
tainty simultaneously. In Zou (2014), a finite-time output
feedback attitude tracking control law was proposed for
rigid spacecraft based on the finite-time observer and con-
tinuous finite-time control techniques. In Xiao and Hu
(2013), a compensation scheme withe finite-time conver-
gence for reaction wheel faults and external disturbance
was proposed for rigid spacecraft attitude tracking systems.
Lan et al. (2017) addressed, the problem of finite-time dis-
turbance observer (FTDO) design and the problem of
FTDO-based finite-time control for system in a combined
control approach. Cao et al. (2022) investigated a learning
observer-based fault-tolerant control strategy for a rigid
spacecraft attitude system with external disturbance,
parameter uncertainty and actuator faults. The adaptive
learning observer design approach does not require the
upper bound information of generalized perturbation and
estimates the attitude angular velocities and reconstruct
actuator faults accurately and quickly. Sajjadi et al.
(2021) proposed a nonlinear observer for high-speed esti-
mation of the sample surface topography in a small dura-
tion of the probe transient motion utilizing a 2DOF
model of TR-AFM. The proposed nonlinear observer can
estimate the surface topography throughout transient oscil-
lation of the microcantilever. Wang et al. (2022) an adap-
tive neuro-fuzzy integrated system (ANFIS) for satellite
attitude estimation and control. The ANFIS system was
proposed that can jointly control and estimate the system
attitude. Pukdeboon and Siricharuanun (2014) developed
a combined control which combines a FTDO and nonsin-
gular terminal sliding mode (NTSM) technique for attitude
tracking problem of rigid spacecraft. Tiwari et al. (2018)
proposed spacecraft anti-unwinding attitude control using
second-order sliding mode and robust adaptive non-
singular fast terminal sliding mode control (NFTSM)
method to commonly handle unwinding problem.

Most of the spacecraft use attitude sensors such as gyro-
scopes, camera sensors, star sensors, sun sensors and hori-
zon sensors. Among these sensors, star sensors are known
as the most precise, providing arc-second attitude accuracy
(Liebe, 1995). For high precision attitude estimation of
spacecraft, the combination of gyroscopes and star sensors
are widely used because of their high precision. In this paper,
a camera sensor is used for relative attitude estimation dur-
ing close-proximity operations. Unlike other attitude sen-
sors, camera sensors can be used for very close separation
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distance within several hundred meters between two space-
craft with high precision like star sensor performance. The
relative sensor measurements used in this paper are quater-
nion measurements between two spacecraft. Quaternion
measurements describing the relative attitude between the
chief and deputy spacecraft are obtained from a camera-
based attitude determination system. For real-time space-
craft attitude estimation an extended Kalman filter (EKF)
algorithm has been widely used in nonlinear estimation
problems (Schmidt, 1981; Lefferts et al., 1982). To represent
attitude in the filter, several parameterizations are used such
as Euler angles, quaternions, modified Rodrigues parame-
ters and the rotation matrix. Quaternions are particularly
attractive because they are non-singular, and bilinear in
the kinematics equation (Kim et al., 2007; Crassidis and
Junkins, 2008). However, the quaternion has a normaliza-
tion constraint to obey, which can be violated by the linear
measurement updates associated with the standard EKF
approach (Lefferts et al., 1982; Kim et al., 2007; Crassidis
and Junkins, 2008). To overcome this disadvantage, the mul-
tiplicative EKF (MEKF) was created using a multiplicative
quaternion formulation where a three-component error vec-
tor is replaced with four-component quaternion (Lefferts
et al., 1982; Kim et al., 2007). In Ref. Kim et al. (2007),
Crassidis and Junkins (2008), the quaternion is represented
by a three-dimensional vector of generalized Rodrigues
parameters, such that the singularity can be placed anywhere
from 180° to 360° and the normalization constraint of the
quaternion is maintained in the update using quaternion
multiplication. Abdelrahman and Park (2011) developed a
spacecraft three-axis attitude and rate estimation algorithm
based on magnetometer measurements and their time
derivatives. The structure of the filter is built using spacecraft
nonlinear dynamics in the presence of momentum exchange
devices.

This paper presents a real-time relative attitude estima-
tion using a camera sensor and two gyros under momentum
changes by attitude tracking maneuvers during close-
proximity operations. For relative spacecraft attitude esti-
mation, a multiplicative extended Kalman filter (MEKF)
is formulated to estimate the relative attitude and gyroscope
biases of two spacecraft using quaternion measurements of a
camera coupled with gyros measurements from each space-
craft during close-proximity operations. The angular veloc-
ity changes of the deputy spacecraft when momentum
changes occur in close-proximity operations are measured
by the gyro of the deputy spacecraft. The attitude state is
the relative quaternion and gyro biases of the chief and dep-
uty spacecraft. Inspired by the benefits of the proposed atti-
tude estimation system and finite-time fault-tolerant control
for spacecraft attitude tracking maneuvers, we propose an
attitude determination and control system (ADCS) by com-
bining the proposed attitude estimation system with the
finite-time fault-tolerant attitude tracking of spacecraft con-
trol without unwinding in the presence of external distur-
bances, uncertain inertia parameter, actuator faults, and
input saturation in Refs. Lee and Leeghim (2020), Lee
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(2021). However, the finite-time fault-tolerant controls (Lee
and Leeghim, 2020; Lee, 2021) do not use the attitude state
estimation and show attitude tracking control. The pro-
posed ADCS system was developed to use for high-
precision relative attitude estimation and finite-time attitude
tracking maneuvers of the deputy spacecraft with four reac-
tion wheels during close-proximity operations. For this goal,
the proposed MEKF is combined with the composite finite-
time fault-tolerant controller of the deputy spacecraft with
four reaction wheels (Lee and Leeghim, 2020) to provide
the state estimates, which can be used in place of the “true”
states. The controller clearly requires full-state knowledge,
which is not always possible or even practical in real-world
systems. The required full-state knowledge is the relative
quaternion and relative angular velocity. Unlike the relative
quaternion, the relative angular velocity of two spacecraft is
computed using the estimated state. The used controller for a
proposed ADCS is a composite controller which consists of
a non-singular fast terminal sliding mode control
(NFTSMC) scheme combined with a feed-forward term
based on finite-time disturbance observer (FTDO) tech-
nique. The controller has no the singularity and unwinding
problem. The global final stability of the attitude tracking
control system is achieved in the presence of external distur-
bances, inertia uncertainty, and actuator faults.

Thus, the contribution of this study can be summarized.
First, a high-precision relative attitude estimation system
using quaternion measurements from a camera sensor
and two gyros of the chief and deputy spacecraft was devel-
oped for relative attitude estimation during close-proximity
maneuvers/operations. Second, the ADCS was proposed
by the full-state feedback form where the FTDO-based
NFTSMC is combined with the developed relative attitude
estimation system to provide a full-state knowledge. The
ADCS system has finite-time stability and anti-unwinding
capability in the presence of external disturbances, inertia
uncertainty, and actuator faults. Compared to the previous
studies (Lee and Leeghim, 2020; Lee, 2021), this study
shows attitude tracking control maneuver with full-state
feedback by combining with the high-precision attitude
estimation system to produce more reliable attitude track-
ing maneuver. Furthermore, this study shows that the rel-
ative attitude estimation can can performed while the
control moment using tetrahedron configuration of reac-
tion wheels is used. Third, the effectiveness of the proposed
relative attitude estimation system and the ADCS system
are verified with numerical simulations for an attitude
tracking control maneuver during close-proximity
operations.

2. Relative attitude kinematics and dynamics

2.1. Quaternion kinematics

In this section, relative quaternion kinematics is briefly
reviewed. The relative quaternion ¢, which maps from
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vectors in the chief frame to the vectors in the deputy
frame, is given by

4=9,94q,", (1)

where ¢, and ¢, are the attitudes of the chief and deputy
spacecraft, respectively, relative to an inertial frame. The
quaternion  is  defined by ¢ =[eq,] . with
0 = [9,9,9;)" = esin(v) and g, = cos(19/2), where e is the
axis of rotation and ¢ is the angle of rotation (Lefferts
et al., 1982). The quaternion possesses three degrees of free-
dom and satisfies the constraint |¢|| = 1. The attitude
matrix related to the quaternion is given by

A(q) = (g5 — llell) + 200 — 29,0* = E"(¢q)¥(q) (2)
with
e e TR e

where /3,3 is an identity matrix and ¢~ is a cross product
matrix defined by
0 9 D@
=l 0 —q. (4)
92 9 0
In this paper, quaternion multiplication is defined using the
convention of Lefferts et al. (1982) where quaternion mul-

tiplication expression appears in the same order as the atti-
tude matrix multiplication: 4(¢')4(q) = A(¢ ® q).

AlgNA(g) =Ag®q) =[Y(d) dle=[E(@)qld. ()
The inverse of the quaternions is given by

_ T
g ' =[-e"q]. (6)
Note that this quaternion product ¢ ® ¢~! = [OOOI]T, which
is the identity quaternion. The quaternion kinematic is
given by

2@, )

=3

where o, is the relative angular velocity of the deputy
spacecraft relative to the chief spacecraft in the deputy’s
body-fixed frame. The relative angular velocity w, in (7)
is defined by

0, =0, — Aq)o,., (8)

[1]

where o, and w, are the angular velocities of the chief and
deputy spacecraft in their body-fixed frames, respectively.
A discrete-time propagation of the relative quaternion
kinematics Eq. (7), assuming that @, and @, are constant
over the sampling interval Af =t —t;, is given by
Mayo (1978)

Qi1 = ﬁ(wdk)f(wck)%, 9)
with
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_ cos (1| @g, || Af) I3, — ({p;) W

Q((de):
B c0s 0.5/, | A7)
(10a)
To,)= cos (3l [An) I35 =[G~ }
ook cos (e, | A1)
(10b)
where
sin (1 ||y, ||Af) @y, sin (4 ||, ||Af) o,
Vv, = (2 d )d’ = (2 ) (11)

[l | [l |

2.2. Relative attitude dynamics

To achieve attitude control with high performance,
redundant actuators are usually mounted on the spacecraft
(Hu et al., 2017; Hu et al., 2013). In this paper, the actua-
tors with redundancy (m > 3) are considered for the atti-
tude control system design of the deputy spacecraft.

J(i)d: —w;de—&-Du—i—do, (12)

where D € R*™™ is the actuator configuration matrix,
u=[uu--- u,,,]T € R™ denotes the applied control torque
on the spacecraft produced by m actuators, and d, repre-
sents all external disturbances experienced by the space-
craft. The matrix J € R*® denotes the positive-definite
inertia matrix of the spacecraft composed of both nominal
component J, and uncertain term AJ and is described as
J=Jo+AJ.

To handle actuator fault problems, the applied control
in (12) includes the uniform actuator fault model described
for all possible modes (Hu et al., 2013; Lee and Leeghim,
2020).

u=u.+E@u—u,),
u = u, + E(th; —u,), i=12---m,

(13a)
(13b)

where u, = [u., U, - ucm]T € R™ is the commanded con-
trol by the controller and
E =diag(E\,E,, -+, E,) € R™™ is the actuator effective-
ness matrix. E; is the failure indicator for the i actuator,
u; represents uncertain stuck failures for the i/ actuator,
and u,, is the /™ actuator’s desired control commanded by
the controller. Note that the case E; = 0 means that the
i™ actuator works normally. If E; = 1, the i actuator fails
completely without any control torque generated.
E; € (0, 1) corresponds to the case in which the i has par-
tially lost its effectiveness, but it still works for all of the
time. The presented fault model can represent outage, loss
of effectiveness, and stuck faults. These three types of the
actuator faults as summarized as in Table 1. Next, we con-
sider the spacecraft dynamics with actuator faults by incor-
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Table 1

Actuator fault model (Hu et al., 2013).

Fault model u; E;
Normal 0 0

Outage 0 1

Loss of effectiveness 0 0<E <1
Stuck Uu; 1

porating the deputy spacecraft dynamics (12) with the
actuator fault model in the following form:

Jiy = —w Jo, + D((I — E)u, + E) + d. (14)

Suppose that the chief spacecraft quaternion, ¢, is given
that also follows the following kinematics equation:

4. = Q(qc)wc7 (15)

where o, € R® is the angular velocity vector of the chief
spacecraft. In this study, the attitude dynamics of the chief
is assumed to follow the torque-free rotation of spacecraft
(Tewari, 2007) where the external torque is zero.

Joo,+ o) J o =0. (16)

In a similar manner the relative dynamics with actuator
fault is defined in Hu et al. (2013), Lee (2017) as

Jo, = —(o, +A(q)wc)x*](we +A(q)o.)
+J (0 A(Qo. + A(q)] . o) J 0.)
+D(I — E)u. + DEu + d,. (17)

Since the inverse of inertia matrix, J~' is given by Lee
(2017)

T = (Jo+Mo) " = (o) = (Jo+ToAT )

=J, + A, (18)
Multiplying both sides of (17) by (18) and arranging about
Jo, the relative attitude dynamics (17) is described as
a.)e = _J(;] (we + A(q)wC)XJO(we + A(q)wc)

+ (w:A(q)wC —|—A(q)J;1ijcw,;) +J, u

+J;'d, (19)
where u” = Du, is the control command by the controller.
The rotational dynamics of the deputy relative to the chief

is then described in the body-fixed frame of the deputy
spacecraft.

d= [do + DE(—u. + 1) — JoAJ (0. + A(g) o) T (0 + A(g)e.))

N (20)
— (0, + A(q)w.) M (o, + A(gq)o.) +JoAT(D(I — E)u, + DET:)] ,

The left side of Eq. (20) d is the lumped disturbance includ-
ing actuator faults, uncertain inertia matrix and unknown

external disturbances. The lumped disturbance d in (20)
is bounded, but its bound limit is not known in advance.
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The adopted finite-time observer provides the estimate of
the lumped disturbance, d.

3. Sensor models
3.1. Camera measurement model

In this study, a camera sensor provides quaternion mea-
surements that relate the attitude of the deputy frame with
respect to the chief frame is used. The output of a camera
sensor is an estimated quaternion that relates the relative
orientation of the body frames of two spacecraft. The cam-
era sensor frame coincides with the body-fixed frame of the
spacecraft. The quaternion measurements are assumed to
be unbiased, but they have added random measurement
noise. To generate synthetic measurements the following
model is used and the discrete-time quaternion measure-
ment is then given by

1
- 7 Vk 1 ~ y
i= "] oa e szam, e =g em)
where ¢, is the quaternion measurement with the quater-
nion normalization, ¢, is the true quaternion of the space-
craft, and v, € R® is the zero mean Gaussian white noise
with the characteristics of

E(VkV/Z) = 02153, (22)

where o, is the standard deviation of a camera sensor mea-
surement error. The matrix used to make up the MEKF
measurements error covariance matrix is given by

Ry = 0, I3.3. (23)

The measurement residual or innovation vector is defined
using a multiplicative error quaternion in the body-fixed
frame, given by

My =@ @4, (24)

with og, = [oq] dq;,] "and g, is the estimated quaternion at
kth epoch.

3.2. Imaging model

The quaternion measurement is limited in resolution by
a Gaussian error applied due to the functional resolution of
the optical system. This resolution is defined with a combi-
nation of ground spatial distance (GSD) between the focal
plane and any feature or resident space object of interest,
and optical solution coefficients representing the predicted
sensor response FWHMpgp/ 57, validated experimentally,
to yield a feature resolution as a function of distance.
The feature resolution, Res = GSD x FWHMpgp 57 15 a
theoretical measurement that uses the sensor and optical
elements’ characteristics to define the size of a projected
pixel from the focal plane upon the feature of interest.
The focal length f, is commonly defined in millimeters,
pixel pitch p is the distance between pixels on the focal
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plane, and measured in micrometers, and the distance
between the focal plane and feature of interest, D, is com-
monly measured in kilometers. The GSD is also given by
GSD = Dp (25)
S

A single pixel is not enough to gather significant data upon
an object, however, so the functional resolution of the opti-
cal system is modulated by its quality, Q. The Q of the sys-
tem represents its detector sampling frequency, or optical
band pass limit, and is calculated as below per the optical
wavelength of the sensor, A:

i,
V4

The full width half maximum of a point spread function, or
FWHM /57, is @ measure of acutance of a sensor, and
determines the minimum feature identifiable by the sensor.
This feature can be identified by computer vision algo-
rithms; assuming a Gaussian representation of the feature
of interest and deviation discernible by perception from a
viewer or algorithm, the Z-score can be used to determine
whether any individual pixel on the focal plane will result
in an identification of the feature of interest. This propa-
gates across multiple pixels if the coherent pattern is visible.
Therefore, a Z-score for the feature standard deviation
from the feature of interest is used for a FWHMpgp ;57 cal-
culation given by

FWHMPSF/LSF = QZ (27)

0 (26)

Therefore, the functional full sampling resolution of the
spacecraft optical solution, measured in units of m? of res-
olution per m of distance between focal plane and feature
of interest, is defined as:

Res = GSD x FWHMPSF/LSF (28)

Fig. 1 shows the basis for an optical/camera sensor mea-
surement of characteristic features, namely a geometric
shape in space. The FWHMpg/.5 is provided by the sen-
sor response curve binned across discrete pixels on the sen-
sor. The resolution of any sensor is limited by its size and
pixel pitch, tied to the optical system’s inherent quality
for input resolved imagery. A convolutional neural net-
work (Park et al., 2019) trained with synthetic representa-
tive scenarios is used to validate the simulation and vice
versa in a loosely-coupled loop. A pipeline integrating sim-
ulated chief spacecraft attitude and the focal plane has been
used to provide this efficacy function: the convolutional
neural network is not capable of ideal determination of
the attitude of the observed spacecraft, and therefore an
efficacy function has been used to modulate simulation
results to realistic and predictable ones, currently not
accounting for adverse lighting conditions or false-
negative identification rates.

0, = tan™! (%) (29)
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Optical Sensor
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Image Plane

Fig. 1. A conceptual representation of an optical/camera sensor conducting imaging of a sample geometry.

The resolution limitation implies the fundamental Nyquist-
sourced sampling error: this can be used for a Gaussian
error assessment of the bearing attainable by the optical
sensor. The output 3¢ error is consequently used in this
study for a uncertainty determination in state
measurement.

3.3. Gyro measurement model

A rate integrating gyroscope which measures the angu-
lar velocity is used with a star tracker to improve the atti-
tude estimation accuracy. For this sensor, a widely used
measurement model is given by Farrenkopf (1978)

o(t) = o(t) + B() +n,(1), (30)

B(&) = n,(1). (31)
where @(¢) is the continuous-time measured angular rate,
is the time-varying gyro bias, #(¢), and #(¢), are indepen-
dent zero-mean Gaussian white-noise process with

E{n (0] (1)} = I.30%5(t — ) (32a)
E{n,(0n] (1)} = L8t — 7) (32b)

where 6(¢ — 1) is the Dirac delta function. The parameters
of the chief and deputy gyros are denoted by (y,,,1,,) and
(W40 M4,)> respectively. The discrete-time gyro measure-
ments can be generated using the following recursive equa-
tions (Crassidis, 2005):

. 1 o 1,

Dpy1 = Oy + 3 (Bior + B) + As + E%A’ N, (33)
ﬁk+1 =B+ GUAtl/szk (34)
where the script k& denotes the k™ time-step, At is the gyro
sampling interval, and N, and N, are zero-mean Gaus-

sian white-noise processes with spectral densities given by
02153 and d*[5,3, respectively.

4. Relative attitude estimation

In this section, the MEKF implementation equations for
relative spacecraft attitude estimation are shown. The

relative quaternion and gyro biases for the chief and deputy
spacecraft are estimated. The estimate equations are given

i =35 @o. (35a)
ige = @, = i0g — A(§)iv, (35b)
B. =0, (35¢)
B =0, (35d)
o = g — ., (35¢)
iy = @4 — P (35f)

The error-state dynamics are now given by Kim et al.
(2007)

5k = Fox + Gw. (36)
with

ox = [0a” 587 oB7)" w = [ul, nl, ul, nl]", (37)
where

[—&)  A(q) —Iias

F= 033 053 033 |,

033 O3x3 O3y

L 3 A3 3x3 3x3 (38)
A(q) —I33 O3z 03,3

G=|033 033 033 03,3

_03><3 03><3 03><3 03><3

and the spectral density matrix of the process noise w is
given by

2
0. 03x3 0353 033 033
_ ’
0= |03 05, 03x3 033 0343 . (39)
2 ’
033 033 o133 05,133

Note that the F matrix is 9 x 9 matrix now, since the order
of the system has been reduced from 10 state to 9 state. The
linearization of the quaternion measurement is obtained
using a multiplicative error quaternion between the quater-
nion measurement and the estimated quaternion, given by
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0 =44 (40)
with g = [dp, dq,|. Then the measurement residual
Vi — i (g;) is replaced with 20p,. By the small angle
approximation op = da/2, where da has components of
roll, pitch, and yaw angles for any rotation sequence. The
factor of 2 is multiplied with the vector part of the error
quaternion because the angle error is used in the MEKF.

The measurement-state mapping matrix is therefore given
by

Hi(x;) = [I3x3 0343 0343]. (41)

and R, is given by a 3 x 3 covariance matrix of the attitude
errors. Note that the number of columns of H; (x,j) 1S nine,
which is the dimension of the reduced-order state.

The final part of the MEKF involves the quaternion and
biases updates. The error-state update follows

Axt =Ky [ — i (37)]. (42)

~ ~ ~ T
where Ax" = [5&,? AB;T A[i;ﬂ ,Jr is the measurement

output, and h(x;) is the estimated quaternion output,
given by

he (%) = 4 (43)

The gyro bias updates of of the chief and deputy are simply

given by

B, = B, + AB.,, Bi, = By, + 2B, (44)
The quaternion update is more complicated. As previ-

ously mentioned the fourth component of dg, is nearly

one. Therefore, to within first-order the quaternion update

is computed using Eq. (5) and the quaternion multiplica-
tion of the rule of Eq. (40), given by

X USRS L7 IR DI
@ =04 © 4, = h k} O =4 +3E@)y. (45)

This updated quaternion is a unit vector to within first-
order; however, a brute-force normalization should be per-
formed to insure ¢; "¢ = 1. In the standard EKF formula-
tion, given a post-update estimates i}jk and ﬁ;{, the post-
update angular velocities and propagated gyro bias of the
chief and deputy follow

N - L S S

@, =0, — ﬁk’ I;C/m - ﬁck’
N -C Pt p-  _ pt

g = 04— B B, = B
The attitude estimation algorithm is summarized in Table 2.
The filter is first initialized with a known state (the bias ini-
tial condition is usually assumed zero) and error-
covariance matrix. The first three diagonal elements of
the error-covariance matrix correspond to attitude errors.
Then, the Kalman gain is computed using the
measurement-error covariance R; and sensitivity matrix

H; in Eq. (41). The state error-covariance follows the stan-
dard EKF update, while the error-state update is computed

(46a)
(46b)

Advances in Space Research xxx (Xxxx) xxx

Table 2
Multiplicative extended Kalman filter for relative attitude estimation.

Q(to) = @07 ﬁc(to) = ﬁﬂm ﬁc([o) = ﬁﬂw P(IO) =Py

Gain Ky = PeHi [(g)PcHI ((45)) +Re] 1
Hi(g;) = [I3x3 033 053]

Initialize

Update Hi(4) = [I3x3 0353 053]
AX = Ki[pe — i (%))
Av = [oa,T ABST Aﬁ;f]
(X)) =g,
g =4 +1E(gr)af, renormalize quaternion
Bi =B, +AB., B, = By, +AB,
Propagation of =af - B, o) =a) — B

Qi1 = Qoq )T (o, )
P(t) = F(x(2),)P(t) + P(1)FT (x(2), 1) + G(£)QG" (1)

using Eq. (45). The biases and quaternion updates are now
given by Egs. (44) and (45). Also, the updated quaternion is
re-normalized by brute force. Finally, the estimated angu-
lar velocity is used to propagate the quaternion kinematics
model in Eq. (35a) and standard error-covariance in the
MEKF. Note that the gyro biases propagation is constant
as shown by Egs. (35¢) and (35d).

5. Fault-tolerant finite-time controller with full-state
feedback

In this section, the fault-tolerant finite-time control of
the spacecraft with four reaction wheels (Lee and
Leeghim, 2020) are reviewed. The adopted control consists
of a feedback control based on the continuous non-singular
fast terminal sliding mode method and compensation term
based on the finite-time disturbance observer (Lee and
Leeghim, 2020). The FTDO is integrated with the NFTSM

control to estimate the lumped disturbance, d due to exter-
nal disturbances, actuator faults, parameter uncertainty
and actuator saturation. The adopted controller is given
as follows and the detail derivations and stability analysis
are given in Ref. Lee and Leeghim (2020).

Theorem 5.1. Consider the spacecraft attitude tracking
control system (7) and (19) in the presence of actuator
faults, inertia uncertainty and external disturbances. All the
states in the closed-loop system will converge to a
neighborhood of the sliding surface s = 0 in finite time by
applying the following control law:

uc = uer] + urea
U, = (0.+Aqo.) Jo(o.+A4(q)o.)
—Jo(0: A(g)o, + A(q)J 0] .)
-1 . b —1 (47)
—JoA; % [I—i— Alyldlag(\qv\“ )}
O(q*)sig> 7 (w.) — Joz1,
u, = —Jo(kis+ kasigh(s)),

where a novel non-singular fast terminal sliding mode sur-
face without any constraint and unwinding problem, the
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sliding surface is defined to achieve attitude tracking in
finite time, which is designed as follows:

s=q, + Aisigh(q)) + Assig (), (48)

1Ad

in which ¢’ = sign(g,(0))g,,9,(0) is the initial condition of
44, and the involved matrices are represented by

A = diag(/ln,/llz, i13)» Ay = diag(izl,;@z, 323),

with Ay > 0,2 > 0,7, > 5, 1 <7, <2 for  every
i=1,2,3. The discontinuous function sign(g,(0)) is
defined as

senla0) = { 1 ) =

1, if(¢,(0)) < 0.

A continuous fast-terminal sliding mode-type reaching law
defined in Yu et al. (2005) is empolyed as

§ = —kis — kasig’(s), (50)

where k] = diag(k”,k]z,k]g,), kz = diag(kﬂ,kzz, k23),k1;,
ky > 0,0 < p < 1. The tracking errors ¢, and w, converge
to zero with ¢, = £1 in finite time.

The notation u’ represents the torque design by the
baseline controller where the FTDO and NFTSMC are
integrated; u.. denotes the command signal to each individ-
ual actuator from the control allocation (CA) scheme;
sat(u,.) represent the constrained command signal to each
individual actuator; wu,., represents the actual torque
actuator effect on the spacecraft; and t,.,. represents
actual torque acting on the spacecraft for attitude maneu-
vers by the chosen actuator configuration described by D
matrix. Thus, the actual torque actuator effect on the
spacecraft and the actual torque acting on the spacecraft
for attitude maneuvers are described by

Uaernias = (I — E)sat(u,.) + En), (51)
Taeal = D((I — E)sat(u,.) + En). (52)

(49)

However, if there is no actuator fault, the actual torque
acting on the spacecraft for attitude maneuvers is described
by

Tactual = Dsat(ucc)~ (53)

Assumption 1. The total uncertainty vector d € C2 which is
two times continuously differentiable.

|dl| <£i7 la2a3a (54)
where /; is the positive components of £ = [¢,4,¢5]".

By the following 2nd-order differentiator (Pukdeboon
and Siricharuanun, 2014; Levant, 2000; Shtessel et al.,
2008) with Assumption 1, the lumped disturbance d (19)
can be estimated exactly in finite time. Consider the relative
attitude dynamics (19) where f is sufficiently smooth func-
tions, the second-order differentiator proposed for the esti-
mate of lumped disturbance d (Lee and Leeghim, 2020) is
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Zo=f+Jg'ul + v,

voi = —/oi (5?/3‘201‘ - éi|2/3> sign(zo; — wer) + 213,

7=y, (55)
Vi =—A (E}/2|ZU — v0[|> + zy,

zz = —iz(ﬁ)Sign(Zz — Vl),

where i = 1,2,3 and Ay, 4;, 4, are the observer coefficients,

the gain ¢; is chosen such that ¢; > |d7|, where d denotes
%, and z3,7) and z are the estimates of w,,J, 'd and
J,'d, respectively. Define the estimation error of the distur-
bance observer as ey =2z)— W, e =z —J(jld and

e =7—J, 'd. The FTDO’s error system becomes

o (6" e sign(en) + e

€0;

é]i —/11 (eg/ZSigl’l(|€1,' — eb[|1/2) sign(eli — eb,') + €, ézi
=—/s (&'Sign(@z:' - éli) - Ziia
(56)

Based on the concepts in Levant (2000), (56) is globally
finite-time stable. Hence, there exists a fixed constant T
such that ¢, =0(i =1,2,3) for ¢+ > T. It is known that if
the gain 4; is chosen such that ¢; > |d7"|, all the internal sig-
nals of FTDOB are bounded and after a finite-time 7', the
error signals ey, e;, e; converge to zero, that is, the distur-
bance d; and its derivatives are estimated in finite time.

That is 70 = &,z = J;'d, and z, = J;'d. Considering the
second-order system (55), there exists a range of gains
Ao, 21, 2> and ¢; such that the variables ey, e;, e, can con-
verge to zero in finite time. The detailed proof and gains
selection can be found in Levant (2000).

The combined control u’ is converted to the command
signal for each individual actuator u.. using online pseudo
inverse control allocation (CA) scheme. The CA algorithm
with more than three actuators for three-axis stabilization/-
tracking (Hu et al., 2018) can be derived using a least-
square method, that is

min||a..||, subject to Du,. = u’".
n

(57)

which is equivalent to the well known pseudo inverse solu-
tion .. = DT(DDT)fluf. Next, the command signal for
each individual actuator u,. is further specified with explicit
consideration of actuator constraint to deal with input sat-
uration problem. The saturation function is defined as
follows:

Sat(ucc) = H(ucc) CUee, (58)
Ucciy lf |ucci| g Uy
sat(ue) = _ . i=1,2,...m.
uy,sign(u.;), otherwise
(59)

where [ueel, Ueeds - - - s Ueem] @and u,, > 0 is the maximum tor-
que that each individual actuator can generate.
I(u..) = diag[Il(ueer ), M (seed)s - - - I (theem )], and
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1,
Hi(“cci) - U

Ucci

if |ucci| g U .
. i=1,2,...m.
otherwise

sign(uee:),
(60)

The coefficient I1,(u..;) represents an indicator for satura-
tion degree of the i" entry of the control vector, and it sat-
isfies the condition 0 < IT,(u.;) < 1. From (17) and (52),
the relative attitude dynamics under control input con-
straints can be described by

Jaw = _(we JFA(q)CUC)XJd(we JFA(q)wC)
+ (0 AlQw. + A(g)J; o)) o.)
+ D(I — E)sat(u..) + DEu + d,. (61)

This equation is the governing equation for the relative
attitude dynamics between two spacecraft under actuator
faults, actuator saturation and unknown external
disturbances.

The adopted control (47) was implemented using full
state knowledge in Ref. Lee and Leeghim (2020). However,
it is important to note that all states must be observed in
order to implement the adopted controller in real time.
Unfortunately, this is rarely the case in practice. To resolve
this problem, the proposed MEKF filter in Table 2 is com-
bined with the adopted control to provide state estimates
for the unmeasured states. The block diagram of the atti-
tude estimation and tracking control systems is illustrated
in Fig. 2. The estimated relative quaternion, ¢ and biases

B., Bs of the chief and deputy spacecraft in the proposed
MEKEF are used to compute the relative angular velocity
®. The estimated ¢ and computed @ are incorporated to
the FTDO and NFTSM to compute the estimated lumped

disturbance d and the control u*, respectively. Thus, the
composite attitude control law (47) combined the estimated
attitude estimation system is given by
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uc = ueq + Upe,
Ueqg = (a)e JFA(@)wec)XJO(é) +A(Q)w5)
~Jo(6S Ao, +A(§)J 0} 0,
_ N (62)
—JoA;' L [l+ /\mdlag(lqv\“ 1)}
(g™ )sig* (o) — Joz1,
u, = —Jo(kls‘ + kQSigp(s‘)),
where
§=qF + Asigh (q:‘) + Aypsig(o,). (63)

Thus, the attitude estimation system using the camera and
IMU sensors is integrated into the control system with four
reaction wheels. The combined attitude control and estima-
tion system expressed by (62) are used to perform attitude
tracking maneuvers with a full-state feedback during close-
proximity operations.

6. Simulation results

To demonstrate the effectiveness of the proposed ADCS,
numerical simulation results are applied for a rigid space-
craft with four reaction wheels as the deputy spacecraft
governed by (7) and (19) in conjunction with the adaptive
sliding mode control (Zhu et al., 2011), the NFTSMC com-
bining with the FTDO (47), and the proposed control
ADCS (62). The Landsat-8 is adopted as a chief spacecraft
while Scout Inc.’s Oversat, which will be lunched in 2023, is
adopted as a deputy spacecraft to verify the capability of
the proposed ADCS system during close-proximity opera-
tions. The chief and deputy spacecraft is assumed to have
communication so that the chief can provide the attitude
states to the deputy during close-proximity operations.
The deputy spacecraft will be tested to show both precise
relative attitude estimation and control tracking perfor-
mance from the large inititial attitude error. The four reac-
tion wheels of the deputy spacecraft are mounted in a

Deputy spacecraft Faults } ( Disturbances ™ { T
attitudestates  J e e 7 S sensars
q , @O * * I
d d ¥ u(’o uc t( ) uar[ua] Tm?mn] Relative 1 ]
NFTSM N\ U, Satl#..)| Reaction spacecraft
control -4 b wheels D™ atiituce e
1 . dynamics s l2 2 =
Saturation 4| B., By,
q. o,
~ FTDO <
d A
q’ (oe

Fig. 2. Block diagram of the attitude estimation/determination and tracking control systems.
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tetrahedron configuration, as illustrated in Fig. 3. The
advantage of this tetrahedron configuration is that the
wheel assembly can provide twice as much of maximum
torque on an axis that a single wheel can provide (Kok,
2012). The tetrahedron configuration matrix D is defined
as follows (Xiao and Hu, 2013):

VIB VB -V~
VIR R 0o
O N e BV T

To compare the attitude tracking control performances of
the ADCS system in Fig. 2 with those of other controllers,
the ASMC (Zhu et al., 2011), the NFTSMC (Lee and
Leeghim, 2020), and the FTDO-based NFTSMC without
anti-unwinding capability (Lee and Leeghim, 2020) are also
simulated combining with the proposed attitude estimation
system under the same simulation condition. The controller
parameters of the chosen controllers listed in Table 3. The
inertia matrix of the chief spacecraft, /. and the inertia
matrix of the deputy spacecraft, J, are specified, respec-
tively, while the inertia uncertainty of the deputy spacecraft
is 20 percent, AJ; = 0.2J,.

D=

420.8 0 0
J.=10 410 0 kg -m?,
0 0 69|
20 1.2 097
Jo=112 17 14| ke m
09 14 15

The maximum output torque of each reaction wheel is
u,, = 0.3 N-m. The external disturbance d,(z) is taken to
account and chosen as

Fig. 3. Tetrahedron configuration of four reaction wheels in the space-
craft body-fixed frame (x,y,,z,).
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1 + sin(nt/125) + sin(nt/200)

1 — sin(nz/125) — sin(nt/200)
1 + cos(nt/125) + cos(nt/200)

dy=5x10"2x N-m.

To evaluate the control performances under severe actua-
tor faults, the following fault models are used.

1, if30 <t <40
Ei(1) = : i

0.6, ifotherwise

1, if30 <t <40
Ez(f) - . :

0.3, ifotherwise

1 if30 < ¢t < 40
3(0 =0, (1) {0.37 ifotherwise
0.1, if <30

u(t) =u3(t) = 0,u(1) = uy(t) = 7 b
(1) = us(t) = 0,ux(2) = w4 (1) {07 ifotherwise.

(64)

A summary of numerical values of the same simulation
parameters for four different controllers and the optical
vision (camear sensor) model for determining resolution
and measurement uncertainty at indeterminate distances
based on normalized resolution is given in Table 4. To
demonstrate the ability of the ADCS system in Fig. 2
against unwinding problem, the initial condition of the sys-
tem state is chosen by ¢(0) = [0.3 — 0.2 — 0.3 — 0.8832]"
where the sign of the scalar part of ¢(0), (¢,(0) < 0) is neg-
ative and the spacecraft is to rotate an angle
¥ = 2cos1(0.8832) = 304.06° if [0001]" is the only stable
equilibrium.  However, rotation for an angle
¥ = 2cos™!(—0.8832) = 360° — 304.07° = 55.93° can
ensure an unwinding-free attitude tracking if [000 — 1]7 is
considered for a stable equilibrium.

Numerical simulations are performed for 300 s by 10 Hz
step size while momentum changes occur for attitude syn-
chronization using four different controllers under the same
simulation condition. The initial condition of ¢, is —0.8832,
so the closest equilibrium point is [000 — 1]". All simula-
tions are performed under the same actuator faults.
Fig. 4 presents the additive and multiplicative faults in
the reaction wheels of the spacecraft during attitude
maneuvers in close-proximity operations using the fault
model (64). Some reaction wheels lose partial power and
have stuck faults.

6.1. Relative attitude estimation under the actuator faults

In this relative attitude estimation, errors of —50, 60,
and 150 deg for each axis of the deputy spacecraft, respec-
tively, are added into the initial condition attitude estimate,
with initial bias estimates set to zero. The initial covariance
P; is diagonal with attitude error elements set to

P = (60deg)’
Ppiss = (0.2deg /h)z. The measurement error covariance
sets to Ry = (0.0337 x 1/180)I5 = (327.58arcsec)l5. The

and Dbias error elements set to
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Table 3
Controller parameters.
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Control scheme

Control gains

ASMC (Zhu et al., 2011)

NFTSMC (Lee and Leeghim, 2020)

FTDO-based the NFTSMC (Lee and Leeghim, 2020)
Composite control (Lee and Leeghim, 2020)

1=0.5,6 = 0.0011,k = 1, § = 30, p; = 0.1, k3(0) = 040, $(0) = 0.0015
A =1,Ay =30k =k2 =21y, =2.1,9, = 1.2

A =LA =3k =k2 =20,y =219, =12

£ = [0.0060.0060.006)"

Table 4
Attitude simulation parameters.

Simulation paramters

Values

Initial gyro biases
Gyro noises

Initial angular velocities

Initial quaternions

Initial observer state
Focal length, f;

Distance between the focal plane and feature of interest, D,

pixel pitch, p
Optical wavelength of the sensor, A
9q

B. =[0.10.10.1] deg/h

B, =[0.10.10.1] deg/h

Gow = Ogu = V10 x 10710 rad/sB/2

Geor = 0y = V10 x 1073 rad/sl/2

o, = 1073 x [0.30 — 0.600.21]" rad/s
g = [0.0999 — 0.10070.0998]" rad/s
o, = [0.1 —0.10.1)7 rad/s

g, = [0.6736 — 0.0534 — 0.73520.0534]"
¢, = [—0.70990.01800.5146 — 0.4805])"
g, = [0.3000 — 0.2000 — 0.3000 — 0.8832]"
2 =12 =23 =[000]"

0.25m

10 m

4.8 x107°

55 % 107°m

0.0017 deg

— 1 _ (o] 1
@ _Eel ?8 _— Le2
4 ==l || S )
= 05 = 05
2 .8
B3] 3
g § L
© 0 © 0FF
0 100 200 300 0 100 200 300
0.1 oo
£ 0 ————Ty
= 0.05 = 05
.8 8
h3 B3]
g g L.
~ 0 ~ 0
0 100 200 300 0 100 200 300
t(s) t(s)

Fig. 4. Applied actuator faults.

attitude estimation results are obtained under the actuator
faults. The attitude control and estimation simulations are
performed with the values in Table 4 including the imaging
model in Section 3.2. Fig. 5(a) and (b) show the chief and
deputy bias estimates, which are well estimated by the
MEKEF after 200 s. Fig. 5(c) shows the relative attitude esti-
mation errors and 3¢ bounds derived from the MEKF
error covariance matrix. All errors remain within their

respective bounds, which means that the MEKF works
properly. From the large initial attitude error, the relative
attitude estimation errors go down quickly and are within
0.05 deg. The convergence of the relative attitude estima-
tion errors can be obviously observed in Fig. 5(d) where
the norm of the relative attitude estimation errors converge
to within 1 s and lower than 0.01 deg after 1 s. This indi-
cates that the MEKF promptly achieves precise attitude
estimation. Fig. 5(d) shows the relative angular velocity
estimates using (35b). The norm of relative angular velocity
errors converge to within 2 x 107> rad/s after 1 s. Thus, the
MEKF using a camera sensor and two gyros shows that it
can provide high-precision relative attitude estimation
result whose estimation error is within 0.1 deg even from
an initial large attitude error within 1 s. Table 5 shows
the RMS (root mean square) errors of the attitude estima-
tion under actuator faults and large intial attitude errors
for 30 s.

6.2. Attitude tracking results under the actuator faults

In this section, the attitude tracking results of the ADCS
system are compared with the controllers combined with
the proposed EKF system. Fig. 6 shows the sliding surface
(63) approach zero after 50 s, which indicates that the
adopted controller combined with the MEKF drives the
attitude states to the sliding surface s = 0. Fig. 7 shows
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Fig. 5. Gyro bias estimates, relative attitude errors and computed relative angular velocity.
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Table 5
Root mean square errors for the attitude estimation.
RMS error Value
Roll (deg) 2.15
Pitch (deg) 0.65
Yaw (deg) 1.44
Sy (rad/s) 1.866 x 1073
dwy (rad/s) 1.693 x 1073
dws (rad/s) 1.426 x 1073
Obersvation residuals 2.686 x 1073
S1 52 —'-'53‘

w

& J

Q

&

—

=

0

)

A=

= 1
0

15 I L L L L
0 50 100 150 200 250 300
t(s)

Fig. 6. Sliding surface using the ADCS.

m)

Disturbance estiamtes (N-

100

150
t(s)

Fig. 7. Lumped disturbance estimates.

the estimate of the lumped disturbance d with the actual

lumped disturbance d. The convergence of d to d takes
about 60 s with some oscillations due to the actuator faults.

Fig. 8 shows time responses of the attitude tracking
results represented by the relative quaternion, ¢, and rela-
tive angular velocity, @, with four different controllers
combined with the proposed EKF under actuator faults,
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external disturbances and the uncertain inertia matrix.
The ASMC (Zhu et al., 2011) and the FTDO-based
NFTSMC without anti-winding capability (Lee and
Leeghim, 2020) in Fig. 8(a) and (c) show unwinding prob-
lem getting to the equilibrium [0001] instead of [000 — 1].
On the other hand, the NFTSMC (Lee and Leeghim,
2020) and the proposed ADCS in Fig. §(b) and (d) which
have anti-unwinding capability show the convergence to
the closer equilibrium [000 — 1]. They obviously show fas-
ter attitude tracking results than the ASMC (Zhu et al.,
2011) and the FTDO-based NFTSMC which does not have
anti-winding capability (Lee and Leeghim, 2020). Fig. 9
shows time responses of control command via input satura-
tion, sat(u.) under actuator faults, external disturbances
and the uncertain inertia matrix. The ASMC (Zhu et al.,
2011) and the FTDO incorporated with the NFTSMC
without anti-winding capability (Lee and Leeghim, 2020)
require higher control responses. To compare the attitude
tracking performances of four different methods, the
attitude tracking errors and control commands via input
saturation are quantified. The performance indices are
obtained by numerically integrating the norms of the atti-
tude tracking errors by Euler angle errors using a common
simplification given by the small angle approximation
(Crassidis and Junkins, 2008), and the norms of control
torques over the simulation run, given by

iy
JL):/
0

ir
u = / Wt (1),

le(2)laz, (65)

(66)

where e(¢) denotes the roll, pitch and yaw errors. The per-
formance indices for the attitude control performances of
four different methods combined with the MEKF are listed
in Table 6. Among them, the proposed ADCS which com-
bines the proposed control (Lee and Leeghim, 2020) and
the MEKF shows the smallest J,, which indicates that its
accumulated attitude error is the smallest. The proposed
ADCS and the NFTSMC (Lee and Leeghim, 2020) com-
bine with the MEKF show a very similar value in J,_,,
and smaller values of the ASMC and the FTDO-based
NFTSMC (Lee and Leeghim, 2020) combined with the
MEKEF. It means that they are also efficient in consuming
the control torque while the attitude tracking maneuvers
are performed.

Figs. 10 and 11 show the norms of attitude tracking
errors and energy consumption indices (66) for four differ-
ent controllers combined with the MEKF under severe
actuator fault models using (64) and external disturbance.
The proposed ADCS obviously shows the smallest norms
of the attitude tracking errors while the energy index by
the ADCS shows a little bigger than than that of the
NFTSMC (Lee and Leeghim, 2020). It is due to the addi-
tional use of control torque requested by the FTDO to
cope with the lumped disturbance. It is also due to the fact
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(c) Attitude tracking errors based on the FTDO incorporated with the NFTSMC

without anti-unwinding capability [23]
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(d) Attitude tracking errors using the proposed ADCS

Fig. 8. Time responses of the attitude tracking results.

that the proposed control in Ref. Lee and Leeghim (2020)
has only capability to drive the attitude states into the
neighborhood of the surface s = 0 rather than onto the
sliding surface in the presence of actuator faults. It is also
obvious to observe the norms of attitude tracking errors
by the proposed ADCS in Fig. 10 reduce fastest among
them. Note that the norms of attitude tracking errors by
the NFTSMC (Lee and Leeghim, 2020) and the proposed
ADCS go down quickly within 60 s while actuator faults

occur to get to the closer equilibrium [000 — 1]” while the
ASMC and FTDO-based NFTSMC drive the quaternion

states to the further equilibrium state [OOOI]T by consuming
bigger control power and taking longer tracking time,
which results in unwinding problem. Fig. 11 shows the
energy indices of the proposed ADCS are obviously smal-
ler compared to those of the ASMC (Zhu et al., 2011) and
the FTDO-based NFTSMC without anti-unwinding capa-

bility (Lee and Leeghim, 2020). The energy index of the
proposed ADCS in Fig. 11 is a little higher than the energy
index of the NFTSMC (Lee and Leeghim, 2020) because
the FTDO in the proposed ADCS compensates for the
actuator faults, external disturbances and inertia uncer-
tainty by commanding higher control power. These simula-
tion results verify that the ADCS show finite-time
convergence, fault tolerant and anti-unwinding capabili-
ties, and robustness to external disturbances and inertia
uncertainty.

7. Conclusion

A real-time high-precision relative attitude estimation
method using a camera sensor and two gyros was devel-
oped and combined with a fault-tolerant finite-time atti-
tude tracking control law to develop an ADCS for
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Fig. 9. Time responses of control commands via input saturation, sat(u,.).

Table 6

Attitude control performances of four different methods combined with the MEKF.

Performance Used control method

index
ASMC (Zhu et al., NFTSMC (Lee and FTDO-based NFTSMC (Lee and Proposed control (Lee and
2011) Leeghim, 2020) Leeghim, 2020) Leeghim, 2020)

Je 2.964 x 10* 3.276 x 10° 1.422 x 10* 3.244 x 10°

J 99.906 24.266 58.509 24.687

Uactual

attitude tracking maneuvers during close-proximity opera-
tions. The MEKF was adopted to process quaternion mea-
surements without violating a quaternion constraint. The
proposed ADCS takes the full-state feedback form com-
bining the FTDO-based NFTSMC and the developed
high-precision relative attitude estimation method that pro-
vides a full-state knowledge of the estimation to the control
law instead of the true state which was used in the the
FTDO-based NFTSMC. The proposed ADCS system

has finite-time stability and anti-unwinding capability in
the presence of external disturbances, inertia uncertainty,
and actuator faults. Numerical simulations were performed
in conjunction with three other control laws combined with
the MEKF in the presence of external disturbances, uncer-
tain inertia parameter, and actuator faults to demonstrate
the effectiveness of the proposed attitude estimation and
control system. The simulation results show that the rela-
tive attitude estimation errors by the MEKF are within
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Fig. 11. Energy consumption indices.

0.05 deg after 1 s from the large initial attitude error. The
proposed ADCS also shows fault-tolerant, anti-unwinding
capability, and precise attitude tracking convergence in
finite time while the control momentum is more efficiently
saved the conventional control laws. Thus, the effectiveness
of the proposed ADCS system was successfully verified
with for an attitude tracking control maneuver during
close-proximity operations.
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Appendix A.  The probability spread function of a
received discernible (unit) signal within the magnitude
threshold for pixel-level binning of observed objects is
assumed to be normal. The functional resolution is calcu-
lated based on the full-width half magnitude (FWHM)
wavelength of the sensor. By definition of a normal prob-
ability curve, the integrated signal with greater than 50 %
amplitude is roughly invariant and corresponds with

20.4/210g(2) = 2.350,. o, represents the standard devia-
tion of any arbitrary normal distribution function. This
constitutes approximately 75 % of the full signal area, or a
probability space defined by a Z-score of 0.68. The team
conducted empirical testing of a variety of vision algo-
rithms using contrast detection and neural network-based
feature detection and inference as baselines which yielded a
tuned Z-score of reference for the imaging application to be
0.66, which corresponds with an aggregate probability
space for a normal curve of 0.7454.
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